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Lower and upper wing skins and internal wing structure of the F-16 aircraft 
 
Problem area 
In all recent aircraft, both civil and 
military, an increased use of 
composite materials can be 
observed. In the National 
Technology Programme “Wing 
Composites”, initiated by the Dutch 
Ministry of Defence, replacement of 
the current metallic F-16 wing by a 
hybrid design in which the skins are 
made of composite (CFRP) 
materials is investigated. 
The modified design is to be 
implemented in the FE models, 
available at NLR, for structural 
aero-elastic and dynamic analyses. 
By doing so, the performance of the 
composite wing can be evaluated 
and compared with the conventional 
metallic design, from which any 
major consequences for the 
operational envelope should 
emerge. The knowledge gained 
through this project enables the 
Dutch armed forces to act as smart 
specifier and smart buyer in the 
procurement and change control 
boards and as smart user during in-
service use of the F-16 successor. 
 
Description of work 
The requirements for the F-16 wing 
and the lay-out of the (metal) wing 
structure are investigated. The loads 
UNCLASSIFIED 
 
 
 
UNCLASSIFIED 
 
Conceptual design for the retrofit of a fighter type wing by a composite skin 
in the NTP wing composites research programme 
  
Nationaal Lucht- en Ruimtevaartlaboratorium, National Aerospace Laboratory NLR
 
Anthony Fokkerweg 2, 1059 CM Amsterdam, 
P.O. Box 90502, 1006 BM  Amsterdam, The Netherlands 
Telephone +31 20 511 31 13, Fax +31 20 511 32 10, Web site: www.nlr.nl 
PROJECT 
Wing composites 
 
Projectbegeleider 
Lt. Kol. Haringa 
 
Projectonderdeel 
WP1 
 
Jaar 
2009 
 
Contractnummer 
N06/019 
 
PROGRAMMA 
NTP 
 
Programmabegeleider 
DR+D Lt. Kol. T. Vrieswijk 
 
Programmaleider 
B.J.G. Eussen 
 
on the current F-16 wing skins are 
determined in detail using the FE 
model of the entire F-16 aircraft, 
which is available at NLR. 
Requirements and loads in 
combination with some general 
design rules for composites enabled 
the redesign of the metallic F-16 
wing skins to CFRP skins. This 
includes the selection of an 
appropriate manufacturing process, 
selection of resin and fibre 
materials, and definition of a 
conceptual design. 
 
Results and conclusions 
The conceptual design for the 
hybrid wing with composite skins is 
based on a wing structural stiffness 
at least equal to the metal wing 
aiming at improved aero-elastic 
behaviour. A soft layup, with a 
large percentage of angle plies, has 
been applied in the outer wing skin 
to increase the torsional stiffness of 
the wing tip. A hard lay-up, with a 
large percentage of longitudinal 
plies, has been applied in the inner 
wing skin to maintain adequate 
bending stiffness. The skin 
thickness was increased up to 40 %. 
However, the total mass of the 
composite design is still ±25 % 
lower due to the lower mass density 
of composite materials. The 
automated tape layer process or 
advanced fibre placement has been 
selected as manufacturing process 
for the wing skins in combination 
with unidirectional tape material. 
The results of this design and 
manufacturing exercise are used in 
the FE models of the F-16 aircraft 
adapted to the composite skins. The 
increased wing thickness had no 
significant effect on the 
aerodynamic performance in the 
conditions studied. Preliminary 
aero-elastic analysis of the 
conceptual design showed increase 
in flutter speed, indicating reduced 
sensitivity with respect to Limit 
Cycle Oscillation (LCO). The 
proposed conceptual design of an F-
16 aircraft with CFRP wing skins is 
capable of fulfilling most (if not all) 
requirements for the wing; a 
feasible design has been obtained. 
Based on future detailed analyses, 
the design may be enhanced further. 
 
Applicability 
The results of this design exercise 
have been used in the FE models of 
the F-16 aircraft to incorporate the 
composite skins. Based on detailed 
FE analyses, the design may be 
enhanced further. Further, the short-
term and long-term aero-elastic and 
structural dynamic performance of 
the composite wing can be 
evaluated and compared to the 
conventional metallic design, from 
which any major consequences for 
the operational envelope of the 
aircraft should emerge. 
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CONCEPTUAL DESIGN FOR THE RETROFIT OF THE METALLIC SKIN OF A 
FIGHTER TYPE WING BY A COMPOSITE SKIN  
Ralf J.C. Creemers1, Jan Botma2 and Bart J.G. Eussen3 
National Aerospace Laboratory NLR 
Anthony Fokkerweg 2, 1059 CM, Amsterdam, The Netherlands 
e-mail: 1creemers@nlr.nl, 2botma@nlr.nl and 3eussen@nlr.nl 
Keywords: Conceptual Design, Composite Wing Skin, Wing Structural Stiffness 
Abstract: A conceptual design for the replacement of the metallic skin of a fighter type wing 
by a composite skin is presented. Finite element models of the F-16 aircraft were used to 
determine in detail the loads on the current wing skins. This, in combination with general 
design rules for composites, enabled the redesign of the metallic F-16 wing skins to 
composite skins. A soft layup, with a large percentage of angle plies, has been applied in the 
outer wing skin to increase the torsional stiffness of the wing tip. A hard lay-up, with a large 
percentage of longitudinal plies, has been applied in the inner wing skin to maintain adequate 
bending stiffness. Although skin thicknesses are increased up to 40%, the total mass of the 
composite design is still ±25% lower. Further, preliminary aero-elastic analysis of the 
conceptual design showed increase in flutter speed, indicating reduced sensitivity with respect 
to Limit Cycle Oscillation (LCO). It can be concluded that an F-16 wing design with 
composite skins is feasible from a structural and aero-elastic point of view. 
1 INTRODUCTION 
In all recent aircraft, both civil and military, an increased use of composite materials can be 
observed. In the National Technology Programme “Wing Composites”, initiated by the Dutch 
Ministry of Defence, replacement of the current metallic F-16 wing by a hybrid design in 
which the skins are made of Carbon Fibre Reinforced Plastic (CFRP) materials is 
investigated. The modified design is implemented in the Finite Element (FE) models, 
available at NLR, for structural, aero-elastic and dynamic analyses, by which the performance 
of the composite wing is evaluated. From this any major consequences for the operational 
envelope should emerge. The knowledge gained through this project enables the Dutch armed 
forces to act as smart specifier and smart buyer in the procurement and change control boards 
and as smart user during in-service use of the F-16 successor. 
The flow diagram of the technical activities as presented in [1] is shown in Figure 1. Both 
static and dynamic criteria are investigated. In this paper the structural static analysis is 
presented for an F-16 wing design with composite skins. This design is the starting point for 
all other research topics in Figure 1. The results to date are presented in [1-5].  
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 Technical program 
 
Figure 1: NTP Wing Composites technical program [1] 
This paper describes the entire design process for the replacement of the current metallic F-16 
wing skins by composite ones. First, an overview is given of the most important requirements 
for the F-16 wing, and the current metallic wing structure is presented. The redesign of the F-
16 wing skins is based on the structural stiffness of the metallic wing and general design rules 
for composites. The results of this design exercise are used in the FE models of the F-16 
aircraft for a more detailed investigation towards stress/strain levels in the composite wing 
skins and for performing aero-elastic and dynamic analyses 
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2 THE F-16 WING STRUCTURE 
The F-16 aircraft is subject to a large number of requirements. Here, only those relevant for 
the redesign of the wing skins are described shortly. Next, the F-16 wing is presented 
including structural lay-out, dimensioning load cases and resulting strains and deformations. 
2.1 Requirements 
Requirements relevant for the redesign of the F-16 wing skins concern mechanical and 
thermal loads on the aircraft, requirements with respect to design and construction, 
environmental conditions and maintainability. They can be summarised as follows: 
• Any effect due to load redistribution, superimposed loads, transient response and thermal 
considerations, shall be included in the loads definition.  
• Material yield stress will not be exceeded at limit loads, material ultimate stress will not 
be exceeded at ultimate loads. Further, the structure shall be damage tolerant and have a 
design fatigue life of 8000 flight hours. 
• The aircraft wing skins shall be capable of withstanding the in-flight temperature 
extremes. These are defined as minimum -80 °F, maximum endurance 160 °F ambient 
soak, maximum transient with 10 minutes or less per exposure 273 °F. Further, the aircraft 
may be exposed to rain, salt fog and spray, sand and dust, solar radiation, other fluids such 
as JP-4, JP-5, hydraulic fluid, oil, coolants and glycol de-icing fluid. 
• A sealant system shall be designed to adequately seal all fuel tanks against leakage during 
all operating conditions on the aircraft. For the wing integral fuel tanks, the sealant system 
shall be comprised of fastener, faying surfaces, void and reinjectable groove seals. In 
addition, the wing lower surface shall have fillet and fastener head sealant applied. 
The environmental conditions play an important role in the material selection. The loads and 
requirements with respect to design and construction determine the lay-up and required 
thickness of the composite wing skins. 
2.2 Structural lay-out and loading 
The F-16 wing structure is a multi-spar design. The multi-spar concept is typical for highly 
loaded thin wings where the application of stringers (in order to stiffen the skins) is not very 
effective due to the small height of the wing box. At the front side the wing is equipped with a 
leading edge flap and at the rear side with a flaperon. For the composite wing programme 
only the load bearing structure or wing box is of interest. The wing box is an aluminium alloy 
structure which is enclosed by a front and rear spar and by the tip and wing root rib. In total 
nine intermediate spars start at the wing root rib and are terminated either at the tip rib or at 
the front spar. Further, a number of ribs can be identified located at the hardpoints for the 
weapon pylons. This support structure or grid is covered by the upper and lower wing skins, 
see Figure 2. The wing is attached to the fuselage via in total eight heavy metal fittings or 
fuselage brackets, four are located on top and four under the wing, see Figure 3. 
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Figure 2: Lower and upper wing skins and internal wing structure 
 
Figure 3: Wing to fuselage attachment fittings 
The thickness distribution in the upper and lower skin is indicated by the FE plot in Figure 4. 
In general, the thickness of the lower skin is larger than the upper skin, because the lower skin 
is more susceptible to fatigue (tension loads). The lower skin thickness varies from 0.2 inch 
near the front and rear spar to a maximum of approximately 0.5 inch in the middle. The 
variation in thickness for the upper skin is much smaller. In large areas the skin thickness is 
0.25 inch, increasing to approximately 0.3 inch near the wing root. Locally, around holes/cut-
outs in the skin, larger thicknesses are applied. Further, a thick doubler is applied to the upper 
skin near the wing root (not shown here). This is a standard repair to the F-16 wing, over the 
three holes near the wing root. The following materials are used in the F-16 wing skins: 
• Upper skin: Aluminium 2124-T851 
• Lower skin: Aluminium 7475-T7351 
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As the Aluminium 7475-T7351 material performs much better in fatigue and has a higher 
fracture toughness, it is used in the bottom skin where higher tensile loads are to be expected. 
Aluminium 2124-T851 is used in the top skin because of its higher yield strength. 
Mechanical fastening is used to attach the upper and lower skins to the spars and ribs. The 
lower skin is fastened with countersunk blind rivets, and can in principle not be disassembled. 
The upper skin is assembled with the support structure using blind (rivet) nuts with 
countersunk heads in the spars and ribs, to which the skin is attached with countersunk bolts. 
These bolts are removable, so the upper skin can be disassembled. Interfaying sealant is 
applied in between skins and spars/ribs. At the lower skin, all spars and ribs are sealed along 
their edges, and every single fastener (head and fillet) is enclosed entirely by sealant. In the 
upper skin sealant is applied to the fasteners themselves during installation. 
The loads on the metallic wing structure have been investigated. Out of a total of 211 
available load cases four critical load cases were selected, based on maximum Von Mises 
stresses in the upper and lower wing skins. The investigation shows that, in general, the 
loading on the wing is an upward lift load, see Figure 5. The major part of the upward load (or 
lift) is transferred to the wing root as a shear load in the spars, which is reacted by gravitation 
and/or acceleration loads acting on the fuselage. The upward lift load also causes bending of 
the wing, which is introduced via the shear forces in the spars as a steadily increasing 
compressive load in the upper skin and a steadily increasing tensile load in the lower skin. 
    
 
(a) Upper wing skins 
 
(b) Lower wing skins 
Figure 4: Thickness distribution in the metallic F-16 wing skins 
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These forces are transferred from the spars to the skins by bolts/rivets. The aerodynamic loads 
also cause forward torsion loads, see Figure 5. Torsion can be divided in a downward load at 
the leading edge and an upward load at the trailing edge (or vice versa for reverse torsion). 
These forces are transferred via shear loads in the spars to the fuselage, where they are reacted 
by gravitation and/or acceleration loads. The torsion loads cause shear loads in the skins and 
certain ribs as well, and they are transferred through bolts/rivets again. 
For the composite wing skin design not only the load levels within the skins are of interest, 
but also the load transfer between spars and skins as these cause bearing-bypass loads in the 
upper and lower skin. Therefore, for a limited number of spars the load transfer between spars 
and skins has been investigated as well. 
Finally, the load transfer to the fuselage brackets has been investigated in order to define the 
required composite skin thickness at the bracket locations and to determine the bolt criticality. 
It showed that the bolts between skin and brackets are indeed critically loaded, until just 
before failure. Therefore, the loading in the attachment fittings should not vary more than 
approximately 10% above the values found in the current metallic design in order not to 
overstress the bracket bolts. 
 
Figure 5: Deformation of the original metallic wing 
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3 CONCEPTUAL DESIGN OF AN F-16 WING WITH COMPOSITE SKINS 
The conceptual design starts with a discussion of some general design rules for composites. 
Next, the materials and manufacturing process are selected, after which the composite wing 
skins can be designed. 
3.1 General design practices for composite structures 
An extensive overview of common design practices for composite structures is given by Niu 
[6]. Here, some of the guidelines are highlighted as they are directly applicable in the current 
design. 
3.1.1 Bolted and riveted joints 
For bolted/riveted joints in composite laminates, as for a composite wing skin that is attached 
to the spars and ribs by means of fasteners, one can distinguish between different failure 
modes. Figure 6 presents simplified representations of tension failures, shear-out failures, and 
bearing failures. Other failure modes are combined tension and shear-out (or cleavage), 
fastener pull-through, and bearing or shear failure of the fastener. 
In general, fastened joints in fibrous composite materials impose a loss in strength of about 
half the basic material allowable. Compared to metals they show a reduced joint structural 
efficiency. The allowable values of the different failure modes are influenced by the laminate 
lay-up, edge distance and fastener spacing and stress state in the laminate. In principle, the 
allowable values for each failure mode should be generated by test for a family of 0°/±45°/90° 
lay-ups and for different degree of bypass loading in order to apply these values in the design. 
This however is not very practical, because during the design phase the family of lay-ups 
applied in the structure are not frozen yet and an enormous amount of tests would be 
necessary to generate data for all the possible designs. Therefore, during the design phase a 
different procedure is followed. 
 
(c) Bearing failure (c) Cleavage – tension failure 
(a) Shear-out failure (b) net-section tension failure 
 
Figure 6: Failure modes of mechanical joints in composites [6] 
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Firstly, the different failure modes that can occur in a bolted structure lead to a compromise 
with respect to the range of lay-ups that can be applied. For bolted composite structures an 
area of preferred lay-ups can be defined, see Figure 7(a). When the choice of fibre patterns is 
restricted to this area, it is not necessary to locally reinforce a highly oriented laminate (which 
is often the result of a laminate optimisation) in order to make it more quasi-isotropic for 
mechanical fastening. Also, a highly orientated laminate with local reinforcements would 
leave large areas of the structure essentially unrepairable, which is prevented when the lay-up 
is confined to patterns as indicated in Figure 7(a). 
Secondly, typical allowable stress and strain values are used in stead of constructing a 
bearing-bypass diagram. When in a bolted composite structure a compressive strain limit of 
3600 microstrain and a tensile strain limit of 4500 microstrain is used in combination with a 
maximum bearing stress of approximately 50.8-59.5 ksi, experience is that bearing-bypass 
failures do not occur. This is also illustrated in Figure 7(b). The design chart shows that the 
bearing load carrying capabilities are not fully utilised in the design, because that would 
penalise the structure by further restricting the gross operating strain level to the extent that 
metallic structures would be lighter if the composite design were based on the vertical cut-off 
at the right of Figure 7(b). 
3.1.2 Laminate static strength 
In order to comply with the strength requirements up to Limit Load (LL) no permanent 
deformations are allowed. Up to Ultimate Load (UL), defined as 1.5·LL, failure of the 
structure is not allowed. Although some of the matrix properties in a composite ply do exhibit 
yielding (e.g. in-plane shear of the single ply), the behaviour of a laminate with plies in 
different directions is dominated by fibre properties. These exhibit an (almost) perfectly linear 
behaviour up to failure, i.e. no yielding. Also, the failure strain of the fibres (~1%) is typically 
lower than the failure strain of the matrix material (~3%). Further, CFRP laminates have 
fatigue threshold levels that can be as high as 60-70% of the failure load [8]. Of course this 
needs to be checked for the particular material, structure and load on the structure, but in the 
conceptual design phase, one may assume that a laminate built up of CFRP plies under 0°, 
±45°, and 90° plies will not show any yielding up to failure and is not sensitive to fatigue at 
normal operating loads. 
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(a) Area of preferred fibre patterns 
 
(b) Typical design allowables 
Figure 7: Design charts for bolted composite structures according to Hart-Smith [7] 
3.1.3 Damage tolerance 
Damage tolerance is the ability of a structure to sustain design loads in the presence of 
damage caused by fatigue, corrosion, environment, accidental events, and other sources until 
such damage is detected, through inspections or malfunctions, and repaired. For composites it 
is one of the most complicated topics, which is also related to damage resistance, durability, 
and detectability (inspection techniques and intervals). A large amount of activities is 
necessary to show compliance with the regulations, e.g. determine energy levels associated 
with Barely Visible Impact Damage (BVID), Acceptable Damage Limit (ADL), Critical 
Damage Threshold (CDT), derive residual strength versus impact energy curve, determine 
damage growth rates, define inspection methods, establish inspection programme, etc. 
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Of course this is much too extensive and not practical in the conceptual design phase. 
Therefore, usually, only the energy level creating damage beyond the threshold of 
detectability is established. For visual inspection, this is the BVID impact energy level. Next, 
the Compression After Impact (CAI) strength is determined on the coupon level. The impact 
energy levels and static strength values depend a.o. on the toughness of the matrix system and 
on the lay-up. So early in the design stage, often only values for quasi-isotropic laminates are 
available. Common CAI strain levels are 3000-3600 microstrain. In order to achieve these 
strain levels, it is necessary to restrict the lay-up of the laminate. Similarly as for bolted joints 
and/or open holes, the load needs to be transferred around the delamination/hole, which 
requires the application of a minimum amount of angle plies, longitudinal and transverse 
plies. Therefore, the same area of preferred lay-ups applies as for bolted joints, see Figure 
7(a). 
3.2 Selection of materials and manufacturing process 
For a composite design the material selection can be divided in selection of the resin or matrix 
system and in selection of the fibre reinforcement. The resin is much more subject to 
environmental influences, such as elevated temperature and fluids, than the fibres. The 
temperature endurance requirement for the wing skin is based on 160 °F ambient soak 
followed by 10 minutes exposure at a maximum transient temperature of 273 °F. Several 
affordable resin systems are available that have a glass transition temperature (Tg wet) above 
the maximum temperature, e.g. Cytec 977-3 and Hexcel M21. Using one of these systems 
greatly simplifies the design process and eliminates the application of thermal 
coatings/barriers, necessary when a resin system with a glass transition temperature in 
between the endurance and maximum temperature would have been selected. Both resin 
systems are suitable for manufacturing thick 0.59-1.59 inch prepreg/autoclave structures using 
Uni-Directional (UD) prepreg, fabric prepreg, tape-placement, fibre placement or 
combinations of these material forms. Environmental influences of fluids will be accounted 
for by the use of a knock-down factor [9]. 
Numerous types of fibres are commercially available, ranging from the commonly applied 
carbon and glass fibres to natural fibres such as hemp, basalt and wood. Up to now, these 
latter ones have never been used in high performance applications due to low specific strength 
and stiffness properties. For the current fighter wing carbon fibres are preferred over glass 
fibres because of their higher specific stiffness and strength. Even within the general category 
of carbon fibres, numerous fibre types are available. The carbon fibre can be produced as high 
modulus, or high strength carbon, by heat treatment of an acrylic precursor fibre. This results 
in several categories of carbon fibres, i.e. standard modulus (34 msi), intermediate modulus 
(43.5 msi), high modulus (up to 77 msi). The tensile strength of different yarn types varies 
between 290 and 1,000 ksi. For good aerodynamic performance, a stiff wing structure is 
important. At the same time, the strength has to be adequate to withstand all loads on the 
wing. Therefore, regarding the reinforcement fibres an intermediate stiffness fibre is selected. 
As shown above, the fibre typically can be IM7 (Hexcel, 40 msi/1.99% strain), T800H 
(Toray, 42.5 msi/1.9% strain) or IMS (Tenax, 42 msi/1.9 % strain). On laminate level the 
fibres perform similar.  
The selection of the fibre reinforcement goes hand in hand with the choice of 
processing/manufacturing technique. In principle, UD-materials out-perform fabrics in terms 
of strength and stiffness. However, they are more sensitive to impact, as they do not have any 
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of the interlocking fibres that fabrics do have (which is the reason that usually some kind of 
protective surface ply has to be applied). Further, prepreg UD sheet material has limited 
drapeability. It can be solved using the Advanced Fibre Placement (AFP) process with UD 
tape material. The Resin Transfer Moulding (RTM) process can only be combined with UD 
materials when AFP is used to place dry UD fibres, but this is not a fully established process 
yet. Also new developments using dry UD-materials woven with a soluble stitching thread are 
ongoing but not fully established yet. The most common (aerospace) processes associated 
with the two types of fibre reinforcement are given below: 
• UD materials: 
o Hand lay-up of prepregs 
o Advanced fibre placement or tape laying of prepregs 
• Fabric materials 
o Hand lay-up of prepregs 
o Pre-forming with dry fabric and resin injection (RTM or Vacuum Assisted 
RTM) 
The above shows that the choice for a manufacturing method is strongly influenced by the 
geometry/complexity of the component. In the end, performance and tolerance requirements 
are weighed against costs, reproducibility, lead time, etc., associated with a certain 
manufacturing technique. For the current composite wing skin, UD prepreg materials in 
combination with the automated tape layer process or advanced fibre placement seems to be 
the most attractive option. UD-materials have superior properties compared to fabrics, which 
is an important issue for a high performance fighter aircraft. Further, there is a general trend 
towards reducing labour costs and increasing the reproducibility of parts. Both aims are 
achieved by automating the lay-up process (which typically used to be hand lay-up for UD-
prepregs). Finally, the automated fibre placement process allows a lot of structural detailing in 
the skin (such as local reinforcements, ply drops, etc.) without significantly increasing the 
costs, as would be the case with hand lay-up. The ply properties of a uni-directional Cytec 
977-3/IM7 ply are given in Table 1. 
Condition 
E11T 
[msi] 
E11C 
[msi] 
E22T 
[msi] 
E22C 
[msi] 
G12 
[msi] 
ν 
[-] 
CTE α1 
[1/°F] 
CTE α2 
[1/°F] 
RT-Dry 23.5 22.3 1.20 1.23 0.696 0.28 -9.83e-8 1.52e-5 
120 °C Wet 23.2 20.7 0.986 1.03 0.522 0.28 -9.83e-8 1.52e-5 
Table 1: Stiffness properties of the uni-directional Cytec 977-3/IM7 ply (Vf ≈ 60 %). 
3.3 Design of the composite skins 
The composite skins on the F-16 wing are designed in two steps. First, an initial design is 
made based on equivalent wing structural stiffness as compared to the metal wing. Next, this 
design is checked and slightly modified for adequate strength based on damage tolerance, 
maintainability, load introduction and load transfer. 
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3.3.1 Initial design based on stiffness 
The wing design with composite skins should not result in worsened in-flight performance. 
For instance Limit-Cycle Oscillation (LCO) which is an issue in the current F-16 wing should 
not be worsened. It is expected that flutter speed of the wing is a good measure for initiation 
of LCO. Therefore it is assumed that the wing structure design with composite skins should 
have a bending and torsional stiffness that is comparable to the current structure.  
The stiffness of the wing is determined by the separate components (spars, ribs, upper skin, 
lower skin). In this sense, the stiffness is not only determined by the material stiffness, but 
also by the thickness of the components. In order to design a wing with a comparable 
stiffness, the laminate stiffness multiplied with its thickness (or E·t) has to be in the same 
order of magnitude as for the metal design. This concerns mainly the normal stiffness of the 
skin in spanwise direction Exx·t and the shear stiffness of the skin Gxy·t. The first parameter 
determines to a high extent the bending stiffness of the wing structure, while the second one 
determines the torsional stiffness. For the current metallic F-16 wing design flutter is caused 
by the first asymmetrical bending mode interacting with the first asymmetrical torsional mode 
[3]. Both the bending and torsional stiffness influence the flutter speed (and LCO sensitivity). 
Flutter analyses on the metallic F-16 wing have shown that the torsional eigenmode is mainly 
the result of deformations of the wing tip. As this is also an area where the bending moment 
on the wing is still small, it is proposed to apply a lay-up with high shear stiffness and shear 
strength in the wing tip area. Near the wing root, where the bending moment is high, a lay-up 
should be applied with high stiffness and strength in spanwise direction. 
Material Ex [msi] Ey [msi] Gxy [msi] νxy [-] 
Upper skin: Al 2124-T851 10.7 10.7 4.022 0.33 
Lower skin: Al 7475-T7351 10.3 10.3 3.872 0.33 
Quasi Isotropic reference lay-up 
[25/50/25] 8.09 8.09
 3.08 0.316 
Shear oriented lay-up 
[25/62.5/12.5] 7.94 5.78
 3.71 0.494 
Transitional lay-up 
[33.75/53.75/12.5] 9.63 5.72
 3.26 0.462 
Longitudinal oriented lay-up 
[42.5/45/12.5] 11.3 5.54 2.82 0.424 
Table 2: Stiffness properties of the two types of aluminium and the CFRP laminates. 
The laminate x-direction is defined here to be directed along the spars, the z-direction is 
defined to point upwards, by which the laminate y-direction is defined as well. Now, a shear 
oriented (or soft) laminate lay-up with a relatively high percentage of ±45° plies offers high 
shear stiffness. Contrary, a longitudinal oriented laminate lay-up with a high percentage of 0° 
plies offers high stiffness in spanwise direction. The two lay-ups are indicated in Figure 7(a) 
with a red and green bullet. Both contain the minimum amount of 90° plies, because the 
loading in chordwise direction of the wing is only small. Based on these distributions of plies 
and the ply material properties of Table 1, the laminate stiffness properties of Table 2 can be 
determined. The two above-proposed lay-ups, a quasi-isotropic reference lay-up, and a lay-up 
that forms a transition between the shear and longitudinal lay-ups, are given. On first sight, 
the stiffnesses seem low compared to the stiffness of the aluminium material. However, the 
specific stiffness of the CFRP laminate is much higher because of its lower density: 0.0564 
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lb/inch3 compared to 0.0975 lb/inch3 for aluminium. Therefore, despite having to apply larger 
thicknesses in order to obtain the same torsional and bending stiffness for the wing structure, 
the resulting mass of the wing will be lower than for the aluminium design. Further, due to the 
larger thickness, the skin is less sensitive to (local) buckling modes. In an entirely new wing 
design where not only re-design of the skins is considered, this would allow for larger 
stiffener/spar spacing (i.e. less spars). Also, the fatigue behaviour of CFRP’s is much better 
than for aluminium alloys, allowing higher loads during normal operation. 
The composite skins have been designed such that their stiffness properties (E·t and G·t) are at 
least equivalent to the metallic skins. Now, with the lay-up orientations of Table 2, this would 
result in the same distribution of thicknesses, scaled up by certain factors depending on the 
ratio between the metallic and composite skin stiffnesses. In general, the thickness of the wing 
skin has to be increased up to 40% throughout the entire wing. Then, the outer wing skins will 
have more or less the same stiffness in spanwise direction as for the metallic design, while the 
shear stiffness is increased with approximately 30%. The inner wing skins will have more or 
less the same shear stiffness as for the metallic design, while the stiffness in spanwise 
direction is increased with approximately 50%. Still, the weight of the CFRP skins will be 
25% lower than for the metallic skins. 
The larger skin thickness results in a different aerodynamic envelope of the wing. The 
consequences with respect to aerodynamic loads on the wing have been investigated by 
means of aerodynamic analyses. The increased thickness had a negligible effect on the 
aerodynamic loading. A 40% thickness increase of the skin may seem a lot, but it is only a 
very small fraction of the wing thickness. 
Finally, at the location of wing stores and brackets/hinges it may be necessary to apply a local 
thickness increase. This would be part of a detailed design and they have not been 
incorporated in the finite element model, because they do not affect the global stiffness of the 
wing. They will not change the aeroelastic characteristics.  
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(a) Upper wing skin 
 
 
 
 
(b) Lower wing skin 
Figure 8: Thickness distribution in the composite F-16 wing skins 
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3.3.2 Conceptual design based on strength 
The initial lay-up and thicknesses of the skins have been checked for adequate strength. The 
strength check showed that the initial design already fulfilled the damage tolerance and 
maintainability requirements (strain levels below 3000 microstrain). Also the static strength 
near the holes and cut-outs in the wing is adequate in the initial composite design. Further, the 
initially estimated skin thicknesses also exceeded the minimum thicknesses at the spars 
needed for load transfer (bearing-bypass). However, at the bracket locations in the initially 
estimated thicknesses had to be increased somewhat in order to fulfil the bearing-bypass 
requirements. At the last row of bolts (nearest to the wing root), no significant bypass loads 
are present in the structure. Therefore, for the last row of bolts the bearing ultimate strength of 
59.5 ksi may be applied, resulting in slightly smaller minimum thicknesses than for all other 
bolt rows where bypass stresses have to be taken into account. The resulting conceptual 
design is shown in Figure 8. 
The locations of the four brackets at the root of the wing can clearly be distinguished. For the 
bolt forces it is assumed that the total bracket load is equally divided over all bolts. In reality, 
the distribution of forces over the bolts is a complex phenomenon involving the stiffness 
distribution of all components (spar, skin and bracket). As the stiffness of the wing skin has 
changed compared to the metal skin, a detailed redesign of the attachment brackets is 
necessary in order to achieve an even load distribution over all bolts again. This however, 
goes beyond the scope of this paper and would be part of a detailed design phase. For the 
conceptual design it is important to notice that, near the attachment brackets, the required skin 
thicknesses of the composite design are much larger than for the metal design due to the lower 
bearing strength of CFRP laminates, but that the current conceptual design still seems 
feasible. It also has become clear that the wing-to-fuselage attachment is a critical item in the 
design of a composite wing. 
 
(a) Upper wing skins 
 
(b) Lower wing skins 
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Figure 9: Thickness distribution in the composite F-16 wing skins 
 
(a) Upper wing skin    (b) Lower wing skin 
Figure 10: Strains in laminate x-direction in the composite F-16 wing skins 
4 FE ANALYSES ON THE COMPOSITE WING DESIGN 
The conceptual design of the composite wing skins has been transferred to the FE-model of 
the F-16 fighter. In the area in between the soft and hard lay-up, the laminate lay-up does not 
consist of a single “intermediate lay-up”. The lay-up depends on the actual thickness of the 
laminate and is modelled such that a smooth transition occurs between the soft and hard lay-
up much alike laminates in a real structure. Figure 9 shows the thicknesses in the FE-model. 
The analysis results show that, in general, the strains in the wing skins are below the damage 
tolerance strain limit of 3000 microstrain, see Figure 10. Only locally near the holes and cut-
outs in the skin higher strain levels are found, but these are all below the ultimate ply strain. 
Further, as expected, the composite wing design results in smaller deformations (and higher 
structural stiffness) than the original metallic wing, but this did not affect the bracket loads 
too much. Preliminary aero-elastic analysis of the conceptual design showed increase in 
flutter speed [3]. It can be concluded that the conceptual design is compliant with the 
requirements with some room for design optimisation. 
Therefore, three alternative designs have been investigated. The original conceptual design is 
identified as 100-100. Now, 100-80 means a design with 100% of the original thicknesses of 
the outer wing section and 80% of the original thicknesses of the inner wing section. The 
resulting deformations and bracket loads are shown in Figure 11 and Figure 12. It can be seen 
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Figure 11: Deflection of the front and rear spar in the composite and metallic wing 
that the 75-75 and 100-80 design closest resemble the stiffness of the metallic wing, and that 
there is only a small influence on the bracket loads. It is expected that the higher torsional 
stiffness of the 100-80 design will result in lower sensitivity with respect to LCO. This, 
combined with still acceptable strain levels has led to the selection of 100-80 design for future 
analysis. 
 
   
Figure 12: Bracket loads in the composite and metallic wing 
5 CONCLUSIONS 
Based on simple hand calculations and basic design rules for composites, a conceptual design 
of an F-16 aircraft with CFRP wing skins has been proposed. Although skin thicknesses in the 
conceptual design are increased up to 40%, the total mass of the composite design is still 
±25% lower. The increased wing thickness had no significant effect on the aerodynamic 
performance in the conditions studied. Preliminary aero-elastic analysis has indicated that the 
lower mass combined with application of a soft lay-up in the outer wing skin and a hard lay-
up in the inner wing skin resulted in improved flutter speed. FE analyses show that the design 
is capable of fulfilling most (if not all) strength and stiffness requirements for the wing; a 
feasible design has been obtained. 
It was noticed that the low “far-field” strains in the conceptual design allow for some design 
optimisation. A design with 100% of the original thicknesses of the outer wing section and 
80% of the original thicknesses of the inner wing section has been selected for all future 
analyses. The design forms the starting point for the evaluation of the short-term and long-
term aero-elastic and structural dynamic performance of the composite wing compared to the 
conventional metallic design [3, 5]. It is expected that the higher torsional stiffness and more 
or less equivalent bending stiffness compared to the metallic wing will result in reduced LCO 
sensitivity of the composite wing design. 
Finally, it is noted that thermal stresses have not been considered here. The large temperature 
range combined with the difference in coefficients of thermal expansion for the metallic 
substructure and composite skins may lead to significant additional stresses in both skins and 
metallic substructure. Especially the lower temperatures are of interest, because they lead to 
tensile stresses in the metal possibly affecting the fatigue life. Further research is necessary. 
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